two J-2X engines. A cryogenic propulsion stage (CPS) with four RL—10C-2 engines is used to perform trans Lunar
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Abstract
We examine how 440 t to low Earth orbit (LEO) Block Il configuration of the Space Launch System (SLS) can

beused to perform a crewed Lunar landing in a single launershdw that existing RSRMV solid rocket motors can

be used to achieve Block Il performance by using a core with six RS—25E engines gaduppar stage (LUS) with

injection (TLI), Lunar orbit insertion (LOIand 75% of powered descent to the Lunar surface. A Lunar module (LM)
initially carrying two crew and 509 kg of garis used to perform the remaining 25% of Lunar descent. This LM

in two parts consisting of a crew and propulsion module (CPM) and non—propulsive landinggandadule (LCM).

The CPM returns the crew and 100 kg of samples to the waiting Orion in Lunar orbit for return to Earth.
Keywords: Exploration, Moon, SLS, Orion
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Prologue

The first Lunar mission will be the beginning. Later
missions will stay for longer periods on the Moon and
continue its exploration. But getting to the Moon is like
getting to first base. From there we'll go on to open up
the solar system and start in the direction of exploring the
planets. This is the long range goal. Its a learning
process. As more knowledge is gained, more confidence
is gained. More versatile hardware can be built. Smpler
ways of doing things will be found. The flight crews will
do more and more. “Fly Me to the Moon — And Back,”
National Aeronautics and Space Administration,
Mission Planning and Analysis Division, 1966.

1. Introduction

Recently,the United States decided to develop the
SpacelLaunch System or SLS, initially in a 70 t to LEO
configuration (Block 1) and later ina 130 t to LEO
configuration (Block 11) [1]. Block | uses two five
segmentRSRMYV solid rocket motor (SRM) boosters
derivedfrom the four segment RSRM boosters used on
the Space Shuttle. A new 8.4 m diameter core using four
liquid hydrogen/liquid oxygen (LH2/LOX) RS-25D
engines(again from the Space Shuttle) and an upper
stage from the Delta—IV Heavywith one LH2/LOX
RL-10B-2 engine is used to complete the Block I
configuration[2].

Currentplanning for Block 1l assumes that advanced
boosters (AB) are needed to obtain the required
performance[3]. One optionis to use a new SRM with
composite casings and hydroxyl terminated
polybutadiene(HTPB) propellant and new five engine
core[4]. The other option iso use new liquid boosters
with LOX and rocket propellant kerosene (RP-1)
engined>5, 6]. All these configurations require the use of
anew LUS withtwo already developed LH2/LOX J-2X
engines for 130 t to LEO. A possibly cheaper alternative
is to use the existing RSRMV boosters with a new core
that has six RS-25E engines. This only requires two
major developments (the core amd)S) compared to

Pagel of 14



three major developments (SRM, core and LUS orengine is centrally located beneath the CPM and
booster,engine and LUS) if using advanced boosters. protrudesthrough the middle of the LCMwio descent

To send the crew to the Moon in their Orion enginesare at the sides of the ascent engine.ddseent
multipurposecrewvehicle (MPCV) and LM, a CPS with enginescan throttle and rotate in twaxis to enable
four LH2/LOX RL-10C-2 engines is used. The designprecise landing control. The ascent engine nominally
of this stage is similar to the exploration upper staggerformsLunar ascent, carrying the crew and 100 kg of
(EUS) proposed in [7], but using a common bulkhead inLunar samples to Oriorwaiting in low Lunar orbit
orderto meet vehicle height restrictionseWxamined (LLO). This engine is of fixed thrust and position for
the case where the LUS performs partial TLI as in [8], butmaximum reliability.
we found best performance is achieved when the CPS During Lunar descent, if the descent engines fails to
performsall of TLI due to the higher performance of the ignite or experience@n anomalythe CPM separates
RL-10engines and lower dry mass of the CPS. from the LCM with the ascent engine being used for

To simplify mission design we assume the LUSabort.If the LM fails to separate from the CPS, the CPM
places the CPS and spacecraft into a 37x2k@  separatesrom the LCM and performs an abort, using
trajectoryat apogeeThis results in the LUS being safely eitherthe descent or ascent engines. If the ascent engine
targeted for reentry without requiring a deorbit bufhe  fails or experiences an anomaly during Lunar asdbet,
CPSperforms a small burn at apogee to circularise thelescentngines can be used as a backup.
orbit. While in LEO Orion separates from its spacecraft Unlike other two stage LMs with a propulsive
launch adaptor (SLA). At the same time the SLA is descentstage, the LCM can have adarcago volume
ejected.Orion then performs a transposition alwtking asit is free from carrying propellant. Only the space
manoeuvreand docks with the LM belowhe CPS then wherethe ascent andescent engines passes through the
performs TLI and LOI. This wilfequire the CPS to have LCM is used. The surrounding volume can be used for
a low boil-off rate, as the LH2 and LOX are stored atcarrying a Lunar rover tools, experiments, antenna,
cryogenictemperatures. solar panels and supplies. For future more capable

Dueto the lage mass of Orion at 26,520 kg [9], this versionsof the SLS Block liconfiguration presented in
puts significant limits on the LM. @ overcomethis  this paperthe LM could be converted to a rovdhis
limitation we propose using the higlerformance of the would allow greater distances to be covered with
CPSto also perform 75% of Lunar descent. The LM thermissionsof up to 14 Earth days. For a future Lunar base,
performs the remaining 25% of Lunar descett the LCM can carry pressurised andnpressurised
touchdown.This requires a criticadtage separation and suppliesfor the base, in addition to the crelius, even
ignition by the LM at the end of the CPS burro T thoughusing staged descent carries some risk (wivich
increasethe reliability of this event, the LM has a CPM have tried to minimise) it has some great advantages,
andan LCM. The LCMis a non—propulsive stage which including increased payload and future mission
carriescago, has landing legs and supports the CPM. flexibility.

The CPM can carry up to four crew (two crew are  Figurel shows the mission architecture. The mission
carriedin the initial flights), all the propellant and has sequencds 1. Launch, 2. RSRMV separation, 3. Core
two sets of engines, descent and ascent. 8¢eent separation,4. LAS ejection, 5. LUS separatiof,
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Transpositiorand docking ilLEO, 7. TLI, 8. LOI, 9. LM The average exhaust speedds= (M1 Ve1 + Mp2 Ve2)/
undocking, 10. Powered descerit, CPS separation, 12. = 2605.4 m/s (265.7 s). The burnout mass is 96Kgb1
Lunar landing, 13. Lunar ascent, 14. Rendezvous an@5,844 kg dry and 907 kg slag) [7] atie® action time
docking,15. LM undocking and TLI, 16. CiMeparation, is 128.4 s [8]. Using the graph of vacuum thrust verses
17. Reentry 18. Parachute deployment. time in [11], we manually plotted the graphnd

A detailed analysis dghe SLS Block Il configuration calculatedthe total impulse. This was then used to adjust
andLM we have selected is presented in the followingthe curve for the actual impulsémpve = 1,647,887 kNs.
sections. Figure 2 plots the vacuum thrust against time.

2. Space Launch System Block II 17

The SLS Block Il consists of three main stages. The =
first stage consists of twin boosters. The second stage s,
an 8.407 m diameter core using RS-25D or RS-25E |,
(expendablemore cost dicient versions of the RS-25D) =
engines.The 8.407 m diameter third stage or LUS uses *
one or more J-2X engines.eWave analysed SLS ina =’
number of different configurations, with RSRMV
advancedsolid, advancetiquid (using either two F—1B
engines or three dual nozzle AJ1EG6 engines), four to six
RS-25Dor RS—-25E engines on the core and one to three
J-2X engines on the upper stage [10]. For SLS
configurationswith a Block | coreand an LUS, the boost
and post-boost phase of flight $efs from low
acceleration typically around 2an/$ maximum. This O m W R w0 @ 0 0 20 i
results in lage gravity losses and limits the size of the Lo fme e ; ;
upperstage and payload that can be carried. Fig. 2: RSR_MY vacuum thrust against time. .

To overcome thiS, NASA has proposed using ) The n(_)ZZle exit diameter is 3.8™® []l] The aft skirt
advancedboosters to increase tlimpulse during the ~diameteris ds = 5.288 m [12]. The exposed areatiné
boostphase. Wh advanced solid boosters, we obtain aRSRMV hold down posts, separation motors and
payloadmass of 124.8[tL0] into a 200 km circular orbit, attachmentsvas estimatedo beAn, = 0.763 n from
belowthe 130 t value required by Congrese Mge a 200 Figure 6-1 of [13].There is an overlap between the aft
km reference orbis that is close to the 185 km orbit Skirt and core with diametede = 8.407 m[14] with a
typically usedduring Apollo. W increased this to 200 centrelinedistanceofd = 6.363 m [14] (the Space Shuttle
km to allow the orbit to be more stable during and SLS are assumed to have the same dimensions in this
transpositionand docking (an operation performed afterarea).This area is given by [15]

TLI in Apollo). With F-1B powered boosters we obtain - _ 1
133.2t and with AJ1E6 powered boosters we obtain A_“S A(dE/.Z’X) * A(_dS/Z,d ) @
136.2t [10]. This is using a non—-modified core with four Where x is the horizontal distancbetween the core
RS—25Eengines. All these configurations usedLais ~ centreand the intersectiowith the aft skirt and\(r,h) is
with two J-2X engines. the circular segment area with radiusand segment

However, there is anotherway of increasing heighth. We have that
acceleration(and thus reducingravity losses) during d? + (do/2)? — (d/2)?
boostand post—boost flight. Simply increase the number X = d =4.021 m
of engines on the core. il existing RSRMV boosters,
four RS-25E engines and one J-&Xxgine, the payload
is only 11.3.6 t. With five RS—25E engineand two J—2X A(r,X) = r2cos {(x/r) — xVr? — x2. 3)
enginespayload Increases 1o 130.0 tlVSIX RS-25E  This givesAes = 0.301 + 0.500 = 0.801 4nThe fotal
enginesthe payload increases to 137.Ddating all other additionalarea is thetg = Ang — Aes = —0.038 M. The

configurations except advancedsolids which also  5p5yevalues are summarised imble 1. The residual

requiresa new core stage. ; < !
Thus,we have chosensix—engined SLS core as our tr;rrr(])gellant is the propellamemainingafter the action

baselineconfiguration as thas the most cost fctive
option (as we will show later). Howevethe Lunar 2.2 Core Sage

Thrust

ORr N WA OO N ® OO

(2)

mission can also be completed with any of tbther The SLS Block | corewith four RS—25D engines has
Block Il configurations, so we are not limited tsing & dry mass afng; = 100,062 kg [7]. Subtracting the mass
this option alone. of four RS-25D engines ay; = 3,545 kg each [16]
In the following, we present our assumptions tised 9IVESMe = Mg — 41 = 85,882 kg. Other than for the
the design of the SLS Block Il vehicle. enginemass, it is not known homuch the dry mass will
increase with the addition ofvo additional engines. For
2.1 RSRMV Boosters want of a better estimate, Boeing previously used a

The usable propellant massrig; = 628,407 kg and highermass ofng = 115,575 kg for the core [8] hus,
the ejected inert mass g, = 4,082 kg [7]. V' combine  we will increase the core mass byg = Mg — Mgy =
thesemasses into a total propellant massngf=mp1 + 15,513 kg. This is an 18% increase in the tank and
mp2 = 632,489 kg. The exhaust speed of the propellargtructuremass.The RS-25E engines are a little heavier
(notincluding the inerts) ige; = 2622.3 m/s (267.4 s) [8] atmep = 3,700 kg each [16]. The total dry mass is thus
with the inerts having zero exhasgteed\gz = 0 m/s).  estimatedto bemg + mgy + Bmep = 123,595 kg.
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Table 1. RSRMV Parameters of [13] we estimate the areas of each liquid oxygen feed

Aft Skirt Diamet 5288 line to beAg = 0.608 N3, each engine fairing to b&e
nddiional Ates err]g(m) Joss = 0.3045 m and the tunnel to baq = 0.045 . The
itional Area (m) e Block I core has two feed lines and four engine fairings.
Nozzle Exit Diameter (m) 3.875  Forthe chosen six engine configuration we require three
Sea Level Thrust at 0.2 s (N) 15,471,544 ;eed lines (thifs may be dgsigned as tV\fgéarr]feedliEes), I
Vi | / 2605.4 our engine fairings and one tunnel. Thus, the tota
Ta;:L:uMm sP l((m S) 799 240 estimatedadditional area for the coreAgg = 3¢t + 4Ace
otal Mass (kg) ’ + Ag = 3.087 M. The above values are summariged
Usable Propellant (kg) 631,185  Table 2.
Residual Propellant (kg) 1,304 Table 2. Core Parameters with RS—25E engines
Burnout Mass (kg) 96,751 -
Action Time (s) 128.4 Diameter (m) 8.407
: Additional Area (nf) 3.087
The total propellant mass sy = 982,663 kg [7].  Nozzle Diameter (m) 2.304
With four engines, the startup massyg, = 8,437 kg [7] - -
and the nonusable propellant mas;ﬁ =1,678 kg [8]. %'Rgl/leR%nl?'”e slcuum Thrust (N) 2,320,637
Thus,with six engines the startup massng = 1.5msr 0
= 12,656 kg and the nonusable massyg= 1.5my,, = Vacuum Isp (m/s) 4420.8
2,517 kg. The total nonusable and reserve propellantNumber of Engines 6
massin [7] for SLS W|tk|1I a It_US IWJ =9,662 kg. This  Total Mass at Liftdf (kg) 1,093,602
givesa reserve propellant massmfy = Mynrr —Monr =
7,984kg. The usable propellant massrrr%: rrbnE Mps Bry tlz/llass (kg)” t (k ;Eg:gg
=M~y = 959,506 kg. _ _ sable Propellant (kg) ;
igure 3 illustrates two possible engine Reserve Propellant (kg) 7,984
configurations.Note that the edge dhe RSRMV aft  Nonusable Propellant (kg) 2,517
skirt is about 1.7 mhigher than the RS—25E engine Startup Propellant (kg) 12,656

nozzleoutlet and thus does not interfere with operation
of the engine. The first configuration has two enginesp 3 | arge Upper Stage

thatare only 0.936 m away from each RSRMV nozzle,  The upper stage mass is determined in an iterative
comparedto one engine that is 1.903 m away for thefashion.we start with a fixed total interstage, upperstage
secondconfiguration. Fotthis reason, we have chosen andpayload massig). By adjusting the turn time of the
the second configuration. ittt both configurations, the first stage and maximum angle of attack of the core and
core could also be used with five or four engines,| ys, the desired 37x200 km orbit is reachddhis
althoughthrust is slightly asymmetric with five engines. processis semi—automateds the program calculates a
newangle based on the previous angle and tifierdiice
betweenthe current and desired orbit. New parameters
for the interstage, upperstage and payload are calculated
and substituted back into the program. This process is
repeated until the remaining usable propellant is zero.
This gives the payload achievable for a given total
The usable propellant mass is then increased or
decreasedn several further iterations until the payload
mass is maximised. Typically, about 100 to 200
simulationsare required to find the optimum mass.

As shown in Section 2.8, in order for the vehicle to
meetthe height restriction of the Kennedy Sp&mnter
(KSC) Vehicle Assembly Building (&B), the LUS and
CPS must both use a common bulkhead design. A
commonbulkhead also has the advantage of lomass
and thus greater payload to LEO, at the expense of
greaterdevelopment and manufacturing cost.

The optimum m for this SLS configuration was
found to be 383,500 kg. This gavepayload mass into
LEO of 143,165 kg. This includes an additional 6,206 kg
of payload due to using a common bulkhead design for
the LUS. Howeverthe vehicle was found to be over 2 m
. . ' : too high to fit the VAB. The solution we chose for this

Fig. 3: RSRMV and Core engine configurations. problemwas to reducen to 344,300 kg. This resulted in

Forthe RS—25E, the vacuum exhasiseed is 4420.8 the LUS propellant mass being reduced by 34,k84
m/s (450.8 s) [16]. A constant maximum vacuum thrustobtaining the necessary reduction in height. Payload
of 111% of rated power level (RPL) [16] or 2,320,637 N decreasedby only 2,498 kg to 140,667 kg.
is used. The nozzle exit diameter is 2.30417]. The The interstage mass was determined from a
core diameter is assumed to be the same as the Spairajectory simulation of the vehicle ifB]. This vehicle
Shuttleexternal tank of 8.407 m [14]. From Figure 6—1 hasan interstage massiof, = 7,394 kg and height bf;

IAC-17-D2.8-A5.4 Page4 of 14



= 15.0 m (estimated from Fig. 9 of [8]). From Sectionkg for a 0.5% increase delta—\ This givean,yo = 847

2.8, the interstage heiglfior a common bulkhead design kg, mygr = 220 kg anan,g =mygo +Mygo = 1,067 kg. The

ish = 7.5 m. It was found that the maximum weight total propellant massy, = Mps + M + Myg + My + My

m due to acceleration and dynamic pressure acting on 169,426 kg.

the reference vehicle wds , = 7,989,605 N. From our To estimatehe dry mass of the upperstage, we use a
simulation,m experienced a maximum weight Bf=  nonlinear model. Using historical dataye showed in
9,992,646N at 304.05 s into flight. Thus, the interstage[19] that the dry stage mass for cryogenic upper stages
mass is m = m(Fi/Fi()(h/hi;) = 4,624 kg. For withoutthe engines can be modelled by

comparison,the S—IC/S—II interstage dfie Apollo 14 6
SaturnV launch vehicle has a smaller dry mass of only ms = amg®® (6)
3,957kg [18], even though the interstage has gdafl0 ; ; :
m diamget[e,ra]l lagerm of 4%88,027 kg, a hgijgher mgadximum whereqa is a constant depending on the matersaid

; : . technologyused in the stage. This model is more realistic
g?%ezlelgggomf 37.5 m/3 and ahigher dynamic pressure than a linear model since it reflects a higher dmgss

With two J—2X engines, the startup propellant mas fraction for low values ofr, and low values for hight,.

. _ . o determinez, we use the total S—II dmpassof my, =
isms, = 771 kg [8]. D determine the unusable propellant3 ,402 kg [18hich includes five J-2 engines. The J-2

masswe use as reference data from the S—Il second sta ; —
of the Saturn V [18], where gaseous oxygen an(%S nbmfszsi%b'&g_[%fsé rifgv[e?(t)r]]earr]gfgr]gn‘g:_ezé(rf%%ssz as
hydrogenwere used to pressurise the tankabl& 3 ms _mst’ 5m, _2'7 482 kg. This givas = m,, /mPs4
H i W i = ) . - S,I \r

summariesthe respective data. = 0.43975. Thus, the total dry mass is estimméld;mst
Table 3. Apollo 14 S-II Predicted Propellant Data = amy®*®+ 2m, = 16,894 kg.

Mass (ko) Svmbol To ensure the propellants are settled prior to engine

(ko) Sy start, solid motors are used like tiathe S—II stage of

LOX In Tank at Separation ) 679 Mo, the Saturn V To model the required thrust we use as
LOX Below Tank at Separation 787 Myt referencethe ullage motors of the second and third stages
LOX Ullage Gas at Separation 2,254 mygor of the Saturn V [18]. The total mass of the vehicle after
Total LOX at Liftoff 379,876 first and second stageeparatioraremyt2 = 666,299 kg
Fuel In Tank at S fi 1505 Mhor andmy3 = 166,258 kg, respectivelffhe total vacuum

uerin fank at separafion - Mtf,r thrustis Fy, = 409,236 N ané,3 = 30,159 N. W usea
Fuel Below Bnk at Separation 123 Myt nonlinearmodel where
Fuel Ullage Gas at Separation 599 mygir 7

i Fu = a,m. (7)

Total Fuel at Liftof 72,476 My, ut

. : - Using the reference values wehave =
Five J-2 engines have oxidiser and fuel rateByof g Pu

=1053.9 kg/s anBs, = 190.4 kg/s, respectively [18]. For In(F o/ Fuz)éln(mm/ M) = 1.8786 andry, = F o/ mtgau N

an oxidiser tofuel mixture ratio offm = 5.5, two J—2X  4.6976x10° Thus for my = m —m = 339,676 kg we
engines have oxidiser and fuel ratesRgf= 503.7 kg/s haveFy =115,425 N. The ullage motors arésett = 30°
andRs = 91.6 kg/s, respectivell]ormalising the below from the cgntrelme, so the inline thrust is reduced to
tank propellant mass biese propellant rates, we obtain Fuc0S(30) = 99,961 N.

abelow tank oxidiser mass Db = Myto rRo/Ror = 376 We use a linear model of the ullage mopoopellant

kg, below tank fuel mass afy :nbtf,er/Rf,r =59 kgand Massasa function of thrust. For the S-IVB, we havygs

below tank propellant mass o = My + My = 435 kg. = 23: kg andns3 = 61.2 kg. Thusn,p = mypsFy/Fus =

We assume the reserve oxidiser mags; is the in 205 kg. For the case mass, we use a nonlinear model

tank oxidiser massno, = 679 kg, the reserve fuel mass Whereays = Mug/Mi5* = 2.0946. Thusiys = aumiy*

IS Myfr = Myor/rmy = 142 kg (the mixture ratio at engine = 191 kg. V¢ use the same event times as for the S-IVB
cutoff is rmr = 4.8 [18]) and the fuel bias massg, =  [18]. The ullage motors are started 0d®&efore core
M, — Mir = 1363 kg. The fuel bias is to ensure thatseparatiorand have an action time of 3.87 s. Separation
engine cutdfis fuel rich,to prevent the oxidiser from of the ullage motor casings occurs. 22 s after core
burning any metallic engine components. Normalisingseparation.

by the fuel rate we obtain a fuel biasmf = My Ri/R The above values are summarised @blE 4. The
= 656 kg. J-2X parameters are from [16].
The oxidiser and fuel ullage gas masses are given b¥_4 Cryogenic Propulsion Stage
The CPS first burn iso circularise the orbit to 200 km
m = f Mt M (4)  circular. Four RL-10C-2 engines are used, the same as
R AR W/ the EUS in [7]. © avoid atrajectory that rises and then

falls to Earth, the upper stageleases the CPS near 200
_ g Mo £ M (5)  km altitude. After 1.8 s, the CPS fires to circularise the
Mugt = Tugt|l =7 1 F'm + My orbit. The upperstage returns to Earth to burn up in the
atmosphere. Before enginestart the mass of the
wheremys is the mainstage propellant mass (includinginterstage,CPS and payload isy = 143,933 kg. For a
startuppropellant)m is the reserve propellant malyge ~ separatdankdesign, this mass is reduced by 5,864 kg to
= Mygo,r/(Mpo,r—Mbto,r—Mugo,r) = 0.5981% andfyg = 138,069 kg, indicating the significant performance
rmgfﬂ(rrbf,r—rrbﬁ,r—rmgf,r) = 0.8348%. From our advantageof a common bulkhead fahe LUS. From
simulation,we obtainedn,s = 166,819 kg andy =449  Section2.8, the CPS interstage heighhijis 6.3 m. The
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maximumweight for the total i§; = 4,471,756 N at 81 14 where the CSM/LM separated from t8elVB at 5

s. This gives an interstage mass aff =  hoursand 47 minutes into the missif#l]. Lunar transit
m r(Fi/Fi r)(hi/hi r) = 1,738 kg. cantake up to 3.5 days (Apollo 17 was 3.46 daysp. W
Table 4. Lage Upper Stage Parameters with J-2X assumea stay time in Lunar orbit before descent of 1.25
engines days, the same time as Apollo 16, where addititmed

was needed to resolve a problem with the SM engine.

Dlameter_(m) 8.407 Oncemoreexperience is gained though, the humber of
Nozzle Diameter (m) 3.048  orbits can be reduced.
Single Engine ®cuum Thrust (N) 1,307,777 5 SQ[SZSSlirT}ingaSLO)](_i((Jj(i?eéto fuel rr]nixture_(glatiof rmd:f I
. , four RL—10C—2ngines have oxidiser and fue
\N/acukl: m ISpr(m/.S) 4393'24 ratesof R, = 83.0 kg/s an® = 14.1 kg/s, respectively
umber ol Engines Using the S—II model, we obtaimnye = 62 kg,mys = 9
Total Mass at Liftdf (kg) 186,716 kg, my = 71 kg andry, = 101 kg. From our program, we
Dry Mass (kg) 16,894 Ebtf_il_iﬂ_rrhs_ = 94,%00 kg (including boil&f EilnSdBmk =460
g. This gives ullage gas masseswf, = 0.Mygf
'Sr(;;?:uPr(;pellaﬂt (I:g?( 169’;172f =116 kg andn,g = 599 kg. The totaPpropellant magss
rtup Propellant (kg) Mp = M + My + My + My + Myg = 95,330 Kg.
Main Stage Propellant (kg) 166,048 The RL-10C-2 dry mass is assumed to be the same
Reserve Propellant (kg) 449 as the RL-10B-2 dry mass wé = 301 kg [25]. As for
Ullage Gas Propellant (kg) 1.067 the LUS, a common bulkhead design fibre CPS is
’ requiredin order to meet vehicleeight requirements. In
Below Tank Propellant (kg) 435 126], a common bulkhead design with four RL—10
Fuel Bias Propellant (kg) 656  enginescalled ACES 41 is presentéethe reference inert
Ullage Motors Propellant (kg) 205  massis mg, = 5,000 kg with propellantnassiy, =
Ullage Motors Dry Mass (kg) 191 g%gg%k%] We r?bta't” a =d (n;st,trh— ‘I;Te){ g"é? 42/_ =
. .The exhaust speed of the RL-10C-2/ds=
Ullage Motors Thr_ust (N) 141,615 4535.6m/s (462.5 s) [7].p
Ullage Motors Action Tme (s) 3.87 The total trans Lunar (TL) trajectory correction
Ullage Motors Ofiset Angle €) 30 manoeuvre(TCM) CPS reaction control system (RCS)
Interstage Mass (kg) 4,624 delta—V is Avicm1 = 3.8 m/s (Apollo 16). This is the

— - largestvalue of the three Apollo J missions. For powered
To perform Earth orbit insertion (EOI) and gegceninitiation (PDI), we have CPS RQS/yqi = 24.9
trans—Lunaiinjection, these were simulatemlshow that  1y/5 (Apollo 16) andassume powered descent (PD) CPS

Aveoi = 49.0 m/s andwvy; = 3184.9 m/s are require.  pcShyrns ofAvpgr = 5.5 m/s, half of théotal given in

an engine failgo start at the beginning of the burn, then[27]. The other half is performed by the LM during
Awyi 3 = 3220.2m/swhich is a 1.1% increase. Thus, we jescentForthe CPS RCS, we assume gaseous hydrogen
include a 1.1% delta-V magm for TLI. All other ;.4 oxygen is used (GHGO,). In [28] an actual
delta—V'sare increased by a 1% rgar. GH,/GO, RCSthruster was tested which has an exhaust
~ Theinitial mass isn —m = 142,195 before LEO speedof Ve crs = 3432.3 m/s (350 s).

insertion. From [2_1], the highestunar orbit insertion Dueto the complex non—linear model used, we used
delta—V wasAviei = 960.4 m/s for Apollo 14. Here we 4 jterative algorithm to determirthe total propellant
assumeLLO insertion is into an approximatd@ km  n5550f the CPS. dble 5 gives theparameters for the
circular orbit, instead of with a perilune @6 km (921.2  ~pg  Note that dut® rounding errors, the sums of the

m/sto 107.6x313.0 km plu62.7 m/s to 16.9x108.9 km i
minus 23.5 m/s to 103.74B.3 km). A totalpowered subtotalsmay be slightly dierent from the total values.

descentof Avipg = 2041.6 m/s from Apollo 17 is used. 2.5 Orion Multipurpose Crew \ehicle
The CPSperforms 75% of powered descent, givigg The total Orion command module (CMinass
= 0.7%Avgpg = 1531.2 m/s. including four crew members iSymg = 10,387 kg [9].
We assume a boil-bfate ofrpy = 0.17% peday  Assumingmyy, = 125 kg for each crew member [8], this
which is 70% greater than [22] claims candehieved givesa CM mass offyy = Memg — 41em = 9,887 kg. The
for the Centaur stage with modifications. In [28pw  Europeanservice module (ESMinert mass isry, =
boil-off version of the Delta—IV Heavy upper stage is6,858kg with up to 8,602 kg of storable propellant [9].
examined. Figure 3-2 of [23] indicates that an The Orion adaptor mass ispy = 510 kg [29]. The
independentooling system can havebail-off rate of  referenceSLA mass isnya, = 2,300 kg [8]. From Figure
only 9.3 kg/day using 500 kg of additional thermal 4 in [8], we estimate the height of this SLA toltag =
protection.That corresponds to a rate of only 0.034% pe®.535 m. As determinedrom Section 2.8, the SLA
dayfor an initial propellant mass of 27,200 kg [24], five heightis hgg = 5.326 m. This the SLA mass g, =
timeslessthan our assumed value. The calculated Hoilof mya rhga/hgar = 1,285 kg.

massin each flight segmentis My = Tirpomy WhereT; The Service Module Fairing (SMF) and Launch
is the number of days for slight segmeandmy, is the  Abort System (LAS) masses argys = 1,384 kg anthas
initial total propellant mass. = 7,643 kg, respectively [29]. These are jettisondghat

To allow suficient time to perform transposition and = 375 s andjzs = 380 s after launch [30]. The orbital
docking in case there are problems, 0.25 day$oar = manoeuvring system (OMS) engine from th8pace
orbitsare spent in LEO. This valuetisken from Apollo  Shuttleis used with an exhaust speedf = 3069.5 m/s
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(313s) [31]. The exhaust speed of the Orion 220 N RC$he LM RCS thrusters with an exhaust speed: gy

thrustersis e or = 2650 m/s [32]. 2942.0m/s (300 s)35]. The ascent delta—V &vas
Table 5. CPS Parameters with RL—10C-2 engines 1890.0m/s (Apollo 1).
- Table 6. Orion Parameters

Diameter (m) 8.407 -

Nozzle Diameter (m) 2.146 Diameter (m) 2.029
Single Engine ®cuum Thrust (N) 110,093 Vacuum Isp (m/_s) 3069.5
Vacuum Isp (m/s) 4535.6 Total Mass at Liftdf (kg) 35,259
Number of Engines 4 Launch Abort System Mass (kg) 7,643
Total Mass at LiftF (kg) 104,330  CrewMass (kg) 375
Dry Mass (kg) 9,000 Crew Module Mass (kg) 9,887
Total Propellant (kg) 95,330 Serv!ce Module Ine_rf[ Mass (kg) 6,858
EOI Propellant (kg) 49.0 m/s 1528 Serv!ce Module Fairing Mass (kg) 1,384
LEO Boiloff (kg) 0.25 days a1 Service Module Adaptor Mass (kg) 510
TLI Propellant (kg) 31849 mis 70,038 rotal Propellant (kg) 8,602
TCM RCS Propellant (kg) 3.8 m/s 76 TAD Propellant (kg) 0.6 m/s 6
TL Boiloff (kg) 3.5 days 567 PC Propellant (kg) 46.2 m/s 380
LOI Propellant (kg) 960.4 mis 13,004  -LO RCS Propellant (kg) 5.5 m/s 53
LLO Boiloff (kg) 1.25 days 203 TEI Propellant (kg) 1168.7 m/s 8,037
PDI RCS Propellant (kg)  24.9 m/s 213 TCMRCS Propellant (kg)  1.7.m/s 11
PD Propellant (kg) 1531.2 m/s 8.383 Reserve Propellant (kg) 12.2 m/s 69
PD RCS Propellant (kg) 5.5 m/s 47 ~ Unusable Propellant (kg) 45
Reserve Propellant (kg) 60.8 m/s 460 Splaceécraft Lfl\ljlncg Af[japtor Mass (kg) I 00%),2I<85'
Ullage Gas Propellant (kg) 599 usegfér]énaEM mz?ss?fpn(%:nrpgslsszﬁonc?'lr(g. Tﬁus, Wg lIJSse
Below Tank Propellant (kg) 71 the scale factoof Mg r/(Mmr+Mma,r) = 5.814% of the
Fuel Bias Propellant (kg) 101 total LM and adaptor mass to determine the adaptor
Interstage Mass (kg) 1,738 mass\We assume the LCM mass is 7%lué total landed

- mass.The CPM includes 2,207 kg for a multi-mission
We use the unusable propellant mass fraction of thepaceexploration vehicle (MMSEV) cabin [36]. For the
total propellant fromthe Apollo 1 LM descent stage of ascentstage propulsion system, for want of a better
fu = 0.5279% [21]We assume Orion RCS burns®fay  model,we use as reference the Apolib llunar Module
= 0.6 m/s for transposition and dockingA\@) in LEO.  descent stage [21] withg = 2,033kg andm,, = 8,248
Before the LM ascentstage returns to LLO, Orion kg which givesa = mg,/m3#4® = 0.9707.
performsa plane change (PC) of upAmp = 46.2 mis. For comparison, the Apollo 11 descent stage dry
Highervalues are not possible due to the limited amoung,asswas 27.7% of the landed mass (which incluthed
of available propellant. This allows latitudes to begescent stage engine and propellant tanks, which are not
reachedon the Lunar surface that are about half that ijncluded in the LCM) and ascestage dry mass of 2,179
Apollo, or approximately 12 For Orion RCS burns in g For return to Eartithe CPM carries 100 kg of Lunar
LLO, we useAvo = 5.5 m/s. Thdrans Earth injection samplesFor the above configuration, the LCM is able
(TEI) burnis Awg = 1168.7 m/s (Apollo 14) with TCM {5 carry 509 kg of cgo, which can be used for a Lunar
burns ofAvicmz = 1.7 m/s (Apollo 15). roving vehicle tools and experimentsafle 7 gives the

Orion mass is 25,716 kg, giving a maximum load on th£0nﬁguraﬂon_

LM of 164.6 kN. This is well within the maximum ; ; ;
; : : 2.7 Trajectory Smulations
compressiveaxial load of300 kN of the International To estimate the
. performance of the Block Il SLS a
Docking System Standard [33]. FBOI, wo of the four trajectorysimulation program calleds2 was written. A

RL—10 engines can be fired to reduce axial lodele 32-bit DOS executable and Pascal source codéhfer
6 gives the parameters for Orion. program is available from [37] for configuration
2.6 Lunar Module SLS1C6J2C4 Softwarefor also determining the CPS,
The Lunar Module carrying two crew members at Orion and LM masses callddnar is also given iff37].
125kg each performs the remaining of powededcent The program uses a set of Pascal procedures that can
of Avys = 0.25x2041.6 = 510.4 m/s. It is assumed thabccuratelysimulate a rocket in flight in two dimensions
Lunar ascent is performed with the abort engine. Thgrange and height). These procedures were originally
descentand ascent RCS delta—V axgyy =5.5 m/s and  written for a Saturn V trajectorgimulation program [38]
Avag = 5.5 m/s, respectivelffor the descent engine, we but can be applied to any rocket on any planet. The
use the exhaust speed of the VTR-10 Lunar Moduleprogramuses the Runga—Kutta fourth order method to
descenengine of 2991.0 m/s (305 s) [34]. For the ascensolve the diferential equations and a standard
engine,we use the exhauspeed of the RS—1801 Lunar atmosphereanodel. The program is able to model thrust
Module ascent enginef 3040.1 m/s (310 s) [34]. &/ which changes proportionallwith time. This is useful
assumeR-4D 44:1 expansion ratio engines are used foin accurately simulating the thrust curve of satidtors,
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SLS II LUNAR MODULE

ISOMETRIC

SIDE, SUIT PROTECTOR RAISED REAR

Fig. 4: Lunar Module configuration.
aswell asthrust buildup and dropbbf liquid propellant  of x. Values ofp = 2 areused after booster separation and
engines. p = 1 after core separation. Thus, lf is positive

(meaning thathg is increasing) therh, is made to
Table7. LM Parameters decreaseslowing the rate of altitude increadéh; is

Landing E”Q'”es Isp (m/s) 2991.0 negative (the vehicle is now heading back towards the
Ascent Engine Isp (m/s) 3040.1  planet), then we makéy, positive so as to push the
Total Mass at Liftdf (kg) 10,348  vehicle back up.Although this is a crude algorithm, we
CPM Dry Mass (kg) 3558 have found itto be very dective and provides good
LCM M K ’588 performancgcoming to within a few percent of payload
ass (kg) massof trajectories that use optimal algorithms).
LM Adaptor Mass (kg) 602 After booster separation there is not enough thioust
Camgo Mass (kg) 509 maintain a positive rate of altitude increase and so the
Total Propellant (kg) 5092 angle of attack increases to its maximum value. Once
I K 55 m/ ' 19 centrifugal forces build up to a sfifient degree the
Descent RCS Propellant (kg) = Mis angle of attack gradually decreases.
Descent Propellant (kg) 5104 m/s 1,568 The launch Iatitude i) = 28.43, but the required
Ascent RCS Propellant (kg) 5.5 m/s 14 orbital inclination for Lunar missions i8, = 32.58
Ascent Propellant (kg) 1890.0 m/s 3,432  [21]. As we are using a 2-D program, we approximate
this by reducing the inertial speed at liftobsing the
Reserve Propellant (kg) 24.1 m/s 33 gphericallaw of cosines [39], the orbital plane azimuth
Unusable Propellant (kg) 27 (where East is 0 and North is 99) is given by =
Crew Mass (kg) 250 arccos(cog],)/cos@))) = 16.52 (note that this is ndhe

100 sameas the launch azimuth). The launch site inertial
speedsV = 2r1R.c0s6))/T =408.9 m/s where the Earth
Only two parameters are required to shape theadiusis R = 6,378,165 m and the sidereal rotational
trajectoryinto the required orbit. This is the pitch over periodis T = 86,164.09 s. The orbital speed at altitude
time soon aftefaunch and the maximum angle of attackh0 = 200,000 mis Vo = Ju/(Re + hy) = 7783.2 m/s

after booster separation. After pitch over the vehicle _ 4 ) o
follows a gravity turn such that the air angle of attack WNerex = 3.98600510 m?/s” is Earths gravitational

zero. After booster separatiothe angle of attack is constant. Using the planer law of cosines, this gives the

automaticallyincreased tats maximum value and then required delta—V of Ay, = \/vﬁ + V3 — 2V, C0SP) =
automatically decreased. This is achieved via an7393.1m/s. W thus use aadjusted surface speedwgf
algorithm that forces hp to be proportional to —Ayv, = 391.1 m/s. Note that this is less than launching
— sign(y)|h,|> wherehgy is height above the plangt’ from a latitude equal t@, where the inertial speed is
surfaceh; = dhg/dt, hp = dhy/dt, and signf) is the sign  392.0m/s.

Return Sample Mass (kg)
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To obtain a 200.0 km circular orhiiclined at 32.55
aturn time of 5.051 s and a maximum angle of attack
of 10.9612 was used. Figures 5, B,and 8 plot speed, =
altitude, acceleratiorand dynamic pressure versus time, / \
respectively. Maximum dynamicpressure (maxQ) is _
28.9kPa at T+61 s compared to 31.4 kPa for the Space
Shuttle [40]. Maximum acceleration with no throttle 3
changes is 29.02 n#¥/sat the end of core burnout at & =
T+304.05s. This is less then the maximum value of: / \
29.42 m/$ (3g). Table 8 summaries the vehicle 5

performanceinto LEO.
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Fig. 5: Speed versus time.

660

200

_—

150

100

Altitude (km)

50

0 60 120 180 240 300 360 420 480 540 600
Time (s)

Fig. 6: Altitude versus time.

30

660

25 /v"“
20

Acceleration (m/s
=
@

5 o

: ]

0 60 120 180 240 300 360 420 480 540 600
Time (s)

Fig. 7: Acceleration versus time.

IAC-17-D2.8-A5.4

30

0

0 60 120 180 240 300 360 420 480 540 600 660
Time (s)

Fig. 8: Dynamic pressure versus time.
Table 8. SLS Block Il Summary

Orbit (km) 200.at0.0
Inclination () 32.55
Liftof f Thrust at 0.2 s (N) 42,332,715
Liftof f Mass (kg) 2,895,882
Liftof f Acceleration (m/3) 14.63
MaxQ (Pa) 28,878
Maximum Acceleration (m#& 29.02
LAS Jettison Tme (s) 375
SMF Jettison ime (S) 380
Total Payload (kg) 140,667
Total Delta—V (m/s) 9,155

2.8 \ehicle Height

With three stages using low density liqiigdrogen,
thereis a potential problem that the vehicle maytd®
high for the KSC ¥B. The maximum vehicle length is
limited to be no greater thari8.872 m [41]. The core
lengthis 64.86 m [42].

To estimate the vehicle heights, we assume that the
domeheight is one third of the tank diamef€he ullage
volume was estimated to bfgy = 7% of the propellant
volume using propellantmass data from [18] and
volumesestimated from Saturn V drawings. The LOX
andLH2 nominal boiling point (NBP) densities alg=
1,149 kg/mf andds = 70.9 kg/m, respectively [43]. The
volume of a domed cylindrical tank is given by

V = aD¥L/4 + D/9) (8)
whereD is the tank diameter ardis the lengthof the
tank side walls. The oxidiser and fuel tank volumes are

@+f)[me+m 9)
V, = +
°T T d, \T+ 1jr, @ M
@ +f)/Mms+m
V, = d ! 111, + My + My ). (10)

For the LUS we haven,s = 166,819 kgm = 449kg,
Mygo = 847 kgmygr = 220 krg,mfb =656 kg and,;, = 5.5
which givesV, = 132.592 m andVs = 401.582 m. For
acommon bulkhead design, we \ét\, +V; =534.174
m3 andD = 8.407 m to givé = 5.887 m.

Forthe CPS we havey,s = 94,100 kgm = 460 kg,
Mygo = 483 kgmygr = 116 kg,ny, = 101 kg andiy, = 5.88
which gives\p = 75.709 m andV; = 210.696 m. For a
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Vehicle Height 6

=18.872m
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Fig. 9: Clamshell Dome LAS

commonbulkhead design, we I&t=\} + V; = 286.405
m3 andD = 8.407 m to givé = 1.422 m.
For the LOX tank, we use a bishell design whare
normaldome has a heigl@ cut from a dome of height
H =D/3 as shown in Figure 9. Thisduces the common
bulkhead area and requires less structural mass
comparedto having an upward facing bulkheabthe Orion
total volume of the LOX bishell tank iterms oD, G and
His

V, = 7D¥(2H + G*/H? — 3G)/6. (11)

We solve this using Newtos’'methodo giveG = 0.688 £\
m and 1.274 m for the LUS and CPS, respectively 4h
For the LM, we use four spherical tanks to hold the LM 0l
storable nitrogen tetroxide (BO4) and Aerozine-50
(50% unsymmetrical dimethyl hydrazine (UDMH) and
hydrazine (NoHg4)). The propellant densities ard, =
1431kg/m? and dr = 881.8 kg/m. Formy, = 5,092 kg and
rm = 1.6 [34], we obtaing = (1+) /(d0(1+1/r )) = CPS
2343m8 andvt = (1+,) /(df(1+rm)) = 2376 n. We
will use the lager volume so that all four tanks are of
equal diameterD = (3V;/n)"® = 1.314 m. The cabin
diameteris 2.4 m, slightly lager than the Apollo LM at
2.337m [44]. The LCM height, nahcluding the landing
legs, is 1.265 m, compared to 1.65 m for the Apollo 1 4 X RL-10C-2
descent stage [44].
Figure 10 shows oudesign assuming 0.25 m spacing
between a stage engine and the bulkhead below / \
Dimensionsof the Orion spacecraft were obtairfeaim
[29]. The vehicle height i918.872 m, equal to the
maximumallowable. Figure 1 shows the entire vehicle.

3. Lunar Mission Cost LUS
We use the Spacecrafeé¥icle Level Cost Model

[45] derived from the NASA/Air Force Cost Model

(NAFCOM) database#o estimate the total development

and production costs for one development flight and 10

or 28 operational flights. \& multiply the FY99 amounts

by 1.469 in order to obtain 2017 dollar amounts [46. W

also compare this cost to a Lunar mission which uses two

93.1t Block IB SLS vehicles for each Lunar mission 2 x J-2X
[47].
3.1 SLSBlock Il Lunar Mission Cost Co

As the LUS and CPS use a common bulkhead, we _ Height = 64.86 m— _ _
increasetheir development and productioasts by 15% Fig. 10: Lage Upper Stage, Cryogenic Propulsion
to take into accountthe extra diiculty of this Stage, Lunar LandeOrion and LAS.

technology.As the cost model does not include solid

stageswe use the Launchellicle Stage model, but with

the calculated cost reduced by 65%. This allows the cost As the RSRMYV Orion, LAS, RS-25E, J-2X and
valuesto be matched to the Advanced Missions CosRL-10C—2have already or will be developed, excluding
Model for Rocket Missiles [48] wherenly the total their development costs gives a total development cost
developmentnd production cost is given. For the LAS, of $12,497.7M. This includes 10% of the development
we reduce its cost by 30% to take into accahat itis cost or $202.1M to restart RSRMV steel segment
a complex solid stageTable 9 gives the estimated production.The total development and production costs
developmentand production costs for each element. are$25,971.5M for 1 missions and $40,798.0M for 29
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missions.Per mission costs are $1,224.9M and $975.9
for 11 and 29 missions, respectively

Table 9. SLS Block Il Lunar Mission Costs ($M)

jﬁ Element Dry Devel-  Prod. Prod.
i Mass opment Costll Cost 29
\ Each Cost Mis- Mis-
X (kg) sions sions
2XxRSRMV 96,751 2,023.9 1,854.2 3,894.5
i 1xCore 101,395 5,933.6 3,2145 6,751.7
1xLUS 11,950 2,105.1 897.6 1,885.2
— 1xCPS 7,796 1,664.3 676.4 1,420.8
' 1xLM 4,145 2,592.3 1,300.1 2,730.7
1xOrion 16,745 5,587.0 3,276.3 6,881.5
1xLAS 5,044 797.3 308.6 648.3
6XRS-25E 3,700 3,880.0 11,3244 2,781.7
2xJ-2X 2,472 3,108.1 437.3 918.5
4xRL-10C 301 976.2 184.4 387.4
Total 250,299 28,667.8 13,473.8 28,300.3

3.2 3. SBlock IB Lunar Mission Cost

The Block IB SLS uses a standard Block | SLS,
wherethe Delta—IV upper stage is replaced with an EUS
with four RL—10C-2 engines. The first SLS launches a
two stage LM into LLO with the second SLS launching
Orion into LLO. Orion docks with the LM, whicthen
performsa standard Apolltype mission. @ estimate the
dry mass of the LM we assume the total mass isdinee
asOrion in LLO ofm = 25,848 kg. Using the Apollo 17
LM [21] we have the reference dry mass = 4,937 kg
and reference total mass ofi; = 16,448 kg. Using a
simplelinearmodel, the LM dry mass iss = msym/m;,
= 7,758 kg. The Block IBnasses are obtained from [7].
Table 10 gives the estimated development and
productioncosts for each element.

Table 10. SLS Block IB Lunar Mission Costs ($M)

Element Dry Devel-  Prod. Prod.
Mass opment Costll Cost 29

Each Cost Mis- Mis-

(kg) sions sions
4xRSRMV 96,751 2,023.9 3,152.1 6,620.7
2xCore 85,898 5,416.3 4,896.5 10,284.3
2xEUS 10,650 1,718.1 1,2294 2,582.2
1xLM 7,758 3,659.4 1968.7 4,135.1
1xOrion 16,745 5,587.0 3,276.3 6,881.5
1xLAS 5,044 797.3 308.6 648.3

8xRS-25E 3,700 3,880.0 1,650.6 3,467.0
8xRL-10C 301 976.2 313.6 658.6

Total 226,847 24,058.2 16,795.8 35,277.7

As the RSRMYV Core, Orion, LAS, RS-25E and
RL-10C—-2have already or will be developed, excluding
their developmentcosts and including RSRMV steel
segmentestart gives a development cost of $5,579.9M.
The total development andproduction costs are
$22,375.7Mfor 11 missions and $40,857.6M for 29
missions.Per mission costs are $1,526.9M &1¢216.5
for 11 and 29 missions, respectively
— The high development costs of a nesre and LUS

Fig. 11: SLS Block II. implies that the total cost for this version of tB&S
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Block Il is $3,595.8M greater forlimissions. However Table 13. SLS3C4J2.2 — 136.2 t to LEO ($M)

asthe per mission costge about 20% less for Block Il, = Element Dry Quantity Devel- Prod.
for 29 or greater missions Block Il becomes cheaper Mass per opment Cost 1L
Note that we have not specified a laurficuency (kg) flight Cost  Flights

which may efliect total operations costs. A nominal two

Lunar missions per year would lgesirable, similar to Liquid AB 101,500 2 5,937.0 5,468.5

whatwasachieved during the last Apollo missions. This Core 100,775 1 59136 3,201.5
allows suficient time to analyse results before the next LUS 16,097 1 2,156.4 950.6
mission. This is certainly achievable with single Block aj1Eg 51393 6 4.773.4 1.699.5
Il missions. Dual Block IB missions may have additional RS_25E 3’700 4 3’ 880.0 ’971 0
overheadcosts due to requiring four launches per year ~ ' 10O :
J-2X 2,472 2 3,108.1 437.3
3.3 Comparison With Other SLSBlock I Total 229,937 16  25,768.5 12,728.4

Configurations
We investigatethe development and production costsTable 14. SLS4C5J2.2 — 144.1 t to LEO ($M)

for other SLS Block Il configurations that achieve 130 E|ement Dry  Quantity Devel- Prod.

t or more into LEO.The dry mass and payload results Mass per opment Cost 1L

werefor an earlier lighter version of the LAS and SMF (kg) flight Cost  Flights

8,314 kg total instead of 9,027 kg) which wejected :

gogethergat aearlier time of 330 s.g'?'he dry mglss model Solid AB 96,615 2 2,022.3 1,852.5

of the LUS used the separate tank design of [8] where COre 101,395 1 5,933.6 3,214.5
= 0.65554. The LU®uts the payload directly into a 200 LUS 18,912 1 2,356.2 1,057.6
km orbit inclined at 28.45instead of 32.55 Details of RS—25E 3,700 5 3,880.0 1,151.8
the trajectory simulations and thiata used can be found J—2X 24792 2 3108.1 437.3
in [37]. ' s '

Configuration SLS1C6J2.1 uses RSRMV boosters Total 223,094 11 17,300.2 7,713.7

with a six engine_core, SLS2C4J2.2 uses LOX/RP-1 " Taple 15 gives the total development gomduction

boosterswith two F-1B enginesach and a four engine costsexcluding thedevelopment costs of elements that
COfe,SLS3C4J2_.2 uses LOX/RP—l boosters with threQ‘]a\/e a|ready or will be deve|oped (RSRMV boostersy
staged combustion AJ1E6 engines each and a foufour engine core, RS—25E and J-2X). The RSRMV steel

engine core and SLS4C5J2.2 uses advanced HTP&gmentrestart cost is included for SLS1C6J2.1. Per
compositecase solid boosters with a five engic@e.  flight costs are also given.

Forthe F-1B dry mass, we assume that it is the same :
the F—1A [49]. For the AJ1E@ry mass, we assume that Table 1_5' SL_S Block I Cos.ts fod FFlights ($M)
it is the same as the RD—-180 [504bles11 to 14 gives Configuration  Total Flights Per Flight

the development and production costs of thoar SLS1C6J2.1 16,559.4 722.8
different versions. SLS2C4J2.2 27,358.7 1,174.2
Table 1. SLS1C6J2.1 — 137.0 t to LEO ($M) SLS3C4J2.2 25,595.2 1,157.1
Element Dry  Quantity Devel-  Prod. SLS4C5J2.2 _18’025'8 701.2 _
Mass per opment Cost 1L The cheapest option for the SLS Block Il vehicle is

(kg) flight Cost Flights the configuration we have chosen in this papenich
RSRMV 96 751 2 20239 18542 uses a new six engine core, existing RSRMV boosters
' T D anda two J-2X engine LUS. The next cheapesiiag
Core 101,395 1 59336  3,214.5 agvancedsolid boosters, which costs $1.5B (9%) more
LUS 20,642 1 2,472.4 1,120.7 for 11 flights, respectivelyPerflight rates are only 3%
RS—25E 3,700 6 3,880.0 1,324.4 cheaperUsing liquid boosterscosts 53% to 66% more
J-2X 2 472 2 3108.1 4373 dueto the high development and production costs of the
' e "~ boosterstages and engines.
Total 224,960 12 17,418.0 7,951.1 4. Future Improvements
There are a number of options for increasing the
erformanceof the Block Il vehicle as well as the
Table 12. SLS2C4J2.2 - 13?_"2 tto LEO ($M) Berformanceof the overall Lunar mission. The first
Element  Dry  Quantity Devel-  Prod. restriction that must be overcome is the vehicle height,
Mass per opment Cost 1l as thiscurrently limits overall vehicle performance for
(kg) flight Cost  Flights single launch Lunar missionghe current SLS launch
Pyrios AB 106,754 2 6,104.1 5,654.3 mount uses vehicle support posts (VSP) [51] to mount
Core 100.775 1 59136 3.201.5 theRSRMV boosters. These were not used for the Space
’ PN '~ Shuttle.Eliminating these posts would provide 1.727 m
LUS 16,158 1 2,160.8 953.0  of additional vehicle height, at the expense of having to
F-1B 8,618 4 6,177.3 1,699.4 modify the launch mount as well as the location of the
4
2

RS-25E 3,700 3,880.0 971.0 coreumbilicals on the launch tower

_ The RL-10B-2 engine has a stowed length of 2.197
J-2X 2,472 3,108.1 437.3 m [25], compared to a length of 3.767 m that lweve
Total 238,477 14  27,343.9 12,916.5  usedin our design. This would allow ancrease of 1.57
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m in tank length as well as increased performance due tmuch greater dbrt and complexity required to go to
a higherlsp and shorter interstage. There is additionaMars can then be tackled with much greater confidence.
risk thoughfrom nozzle deployment failures. Howeyer
the RL—10B—2 has flowi85 times in the Delta IV launch Acknowledgements .
vehicle without any deployment failures. Also, the , 1heauthor would like to thank the reviewers of a
increasein delta—V due to a single nozzle deploymentdraft version of this paper for their comments. Special
failure is only 1.1%, which we have included ihe  thanksgoes to MicheLamontagne for providing the 3D
missiondesign. graphicimages.
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